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Ground-based augmentations of the global positioning system (GPS) demand the greatest safety and reliability
to support aircraft precision approach and landing navigation. One troublesome failure mode for these systems
is the possibility of large orbit errors; discrepancies between the locations of GPS satellites in space and the
locations derived by the ephemeris data that they broadcast. To counter this possibility, several ephemeris monitor
algorithms detecting orbit errors are described. The method is based on a comparison between satellite positions
given by the current satellite ephemeris [today’s ephemeris (TE)] and the ephemeris broadcast by the same satellite
on its preceding pass [yesterday’s ephemeris (YE)]. Variants of this YE–TE test are shown to provide protection
against ephemeris errors and also to support minimum detectable errors as low as 1145 m, which will minimize the
resulting impact on ground-based augmentation system user availability. In addition, to initialize these monitors
when no earlier validated ephemerides are available, means of using raw measurements are proposed. The results
show that the YE–TE and the measurement-based methods together are adequate to meet navigation integrity and
availability requirements for category 1 precision approaches.

I. Introduction

T HE use of differential global positioning system (DGPS) en-
hances stand-alone GPS accuracy such that it is sufficient for

all phases of aviation navigation, including aircraft precision ap-
proaches and landings. However, improving accuracy with DGPS
is not enough to support such difficult operations. The navigation
system must also guarantee flight safety by providing warnings for
any system failures or anomalies and assuring the position solution at
a reliable level with protection bounds. Major applications of DGPS
designed to fulfill these needs are ground-based augmentation sys-
tems (GBAS), such as the local area augmentation system (LAAS)
being developed by the Federal Aviation Administration. In this
work, detailed consideration is given to monitoring a specific source
of navigation failure, incorrect knowledge of a GPS satellite orbit,
that is, ephemeris errors, and providing ephemeris protection levels.

GPS users compute their position using ranging measurements
obtained from the satellite signals and the satellite location derived
by the broadcast ephemerides. Thus, an error in the knowledge of
satellite orbits will result in an error in the computed user position.
GBAS users can eliminate common-mode errors by applying differ-
ential corrections to their ranging measurements.1 Under nominal
conditions, GPS satellite ephemeris errors are so small (typically
10 m or less in three dimensions, with the along-track direction
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containing most of the error2) that the differential pseudorange er-
ror between GBAS reference receivers and users is negligible. How-
ever, this does not preclude the possibility that a failure will cause
satellite ephemeris errors large enough to threaten GBAS users.

The differential corrections are derived from scalar ranges, and,
thus, ephemeris errors orthogonal to the line of sight between a
failed satellite and a GBAS ground station are not accounted for.
Moreover, position errors caused by orbit errors are dependent on the
time-varying displacement between the aircraft and GBAS reference
receivers. If this harmful anomaly were to occur, the responsibility
for detecting and excluding these failures would lie with the GBAS
ground facility rather than with users. To the extent that the ground
facility cannot do this, the user must be notified of the magnitude
of the possible (undetectable) hazard so that his computed position
protection levels include it.

To help validate adequate GBAS protection against ephemeris
threats, two types of ephemeris failures, type A and type B, have been
identified.3 The first type is subdivided into two classes: type A1 and
type A2. Type A1 failures include events where the satellite moves
away from its broadcast location due to a commanded maneuver and
is known to the GBAS ground facility. The failure class designated
as type A2 also includes cases of a satellite maneuver, but without
a command being issued by the GPS Operational Control Segment
(OCS) and, thus, without an announcement to the GBAS ground
facility. Although a possible precedent for this type of event exists
in the attitude-control thruster glint firings that have occurred on
space vehicles (SVs) 15 and 18 during eclipse seasons and can cause
stand-alone user range errors as large as 20 m (Ref. 4), the resulting
errors are too small to concern GBAS. To cause errors significant
to GBAS, one or more of the more-powerful orbit-maneuvering
thrusters would have to fire without being commanded to, and the
resulting satellite motion away from its nominal ephemeris would
have to go undetected by OCS. Feedback from personnel inside and
outside of OCS indicates that the uncommanded firing of one of
the larger thrusters is extremely improbable because it cannot be
triggered automatically and because multiple failures would have to
occur on the satellite.5

Type B failures, which are considered to be more credible but
still very rare, include all cases where no unscheduled maneuver
has occurred, but the ephemeris data broadcast are nevertheless in-
correct. This event would most likely be caused either by an error
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in computing the broadcast ephemeris parameters or by corruption
of the correct parameters somewhere along the line from OCS cre-
ation to OCS satellite uplink to satellite broadcast. Updated GPS
navigation data are normally uploaded to each satellite once per day
and are composed of 12 frames of data that are cycled through at
2-h intervals, with each ephemeris frame being fit to the satellite
orbit over a 2-h interval surrounding its time of ephemeris.6 Thus,
if a type B fault were to occur, it would become evident at the time
of switchover from an old (valid) frame to a new (anomalous) one.
When this occurs, GBAS ground stations must validate the new
data frame and switch from the old to new frame in its computed
pseudorange corrections between 2 and 3 min after the new data are
received or else exclude the satellite as unhealthy.7

GBAS ground systems are required to perform a series of sanity
checks on navigation when satellites first rise into view and when
data switchovers occur. These monitors are collectively known as
data quality monitoring (DQM).8 These checks confirm that the
navigation data themselves do not signal a problem and that the
new data are consistent with other data, such as current almanac
data or prior ephemeris messages, to within the limits of normal
operations. However, for newly rising satellites, the performance
of DQM is not sufficient to meet GBAS availability requirements.
Moreover, such monitoring is insufficient against type A failures
because the preceding data are of no use for the consistency check
after a satellite maneuver.

Another key contributor to the sanity checks is the message field
range test (MFRT), which simply confirms that the magnitude of
the resulting pseudorange corrections is reasonable. Under nominal
conditions and with selective availability (SA) off, these corrections
(which are basically the difference between measured pseudorange
and computed range based on the broadcast ephemeris) should not
exceed a magnitude of about 100 m. If they do exceed 100 m, and
no other monitor flags have occurred on this satellite, then a large
ephemeris error is a strong possibility. This is true for both type A
and B failures.3 However, as already noted, MFRT only observes the
component of ephemeris error in the satellite-to-ground-station line
of sight; thus, it is not guaranteed to detect all threatening ephemeris
errors.

Pervan and Chan proposed a method to detect both type A and
B failures based on the use of carrier-phase measurements made by
two or more GBAS reference receivers separated by short baselines.9

An ephemeris anomaly can be directly observed by this spatial sep-
aration (a few hundred meters) because the anomaly will cause an
effective differential ranging error between receivers that increases
in proportion with the baseline length between the receivers. Such
a short baseline length, limited by GBAS architectures, causes rel-
ative insensitivity to observe orbit errors because an aircraft on fi-
nal approach will have a displacement from the reference receivers
that is generally much larger than the baseline length. Thus, this
ephemeris monitor must use measurements with low noise: the GPS
carrier phase. The use of carrier-phase measurements requires the
successful and timely resolution of carrier-cycle ambiguities for
newly rising satellites. This resolution is accomplished by applying a
geometry-free widelane approach with a dual-frequency GBAS (still
an option for category 3 operations). Therefore, although the pro-
posed monitor provides real-time detection capability for all types
of ephemeris errors, it is not applicable to a single-frequency GBAS
(the current category 1 operation standard).

This paper has been structured to provide the reader with one
coordinated approach to ephemeris monitoring by synthesizing all
presently available monitoring schemes. Thus, it includes a brief
review of prior methodologies presented in Ref. 10 to monitor GPS
satellite ephemeris for the category 1 precision approaches along
with a full description of newly proposed methods. This paper is or-
ganized as follows. In Sec. II, an overview of the navigation require-
ments is given. In Sec. III, we develop protection level equations for
the ephemeris failure hypothesis that allow GBAS users to compute
bounds on possible position errors due to ephemeris failures, pro-
vided that the GBAS ground facilities can establish bounds on the
magnitude of potentially undetected ephemeris failures. In Sec. IV, a
monitor concept to detect type B failures has been developed that is

now known as the yesterday-minus-today ephemeris (YE–TE) test.
Several variants of this concept are presented in conjunction with ex-
perimental results from both nominal and erroneous ephemeris data.
In Sec. V, the measurement-based monitor is illustrated, which is
designed to detect type A failures and also to confirm that the prior
day’s ephemeris used in YE–TE is fault free. In Sec. VI, synthe-
sized performance of the YE–TE and measurement-based monitors
is discussed. The impact of various ephemeris monitors on system
availability is highlighted with the issues of computational cost and
architectural design. The paper is summarized in Sec. VII, and some
general conclusions are drawn.

II. GBAS Navigation Requirements
As some background on GBAS, we need to introduce the relevant

navigation requirements. The four criteria to evaluate the perfor-
mance of navigation systems are defined as follows:11,12

1) The first criterion is accuracy, where a measure of the difference
between the estimated position and the true aircraft position under
nominal fault-free conditions is made. This is typically a 95% bound
on navigation sensor error.

2) The second criterion is integrity, the ability of a navigation
system to detect threats and provide warnings to users in a timely
fashion.

3) The third criterion is continuity, the ability of the system to
support accuracy and integrity requirements throughout a flight op-
eration without interruption.

4) The fourth criterion is availability, the percentage of time for
which the system is operational and the accuracy, integrity, and
continuity requirements are met.

Integrity fails when a position error exceeds a certain alert limit
(AL) and this event is not notified to a pilot within a specified time to
alarm. Thus, integrity risk is defined as the probability that no alert
is issued while the position error exceeds the AL for a time longer
than the time to alarm. In contrast to integrity risk, continuity risk
is defined as the probability of the system failing during a specified
time interval. Based on the level of these requirements, precision
approaches are rated to category 1–3 operations. Categories 2 and
3 involve more stringent requirements, allowing users to operate in
lower visibility conditions. In this work, we will focus on the cate-
gory 1 system. The vertical navigation requirements of this system
are summarized in Table 1 (Ref. 13). Because the vertical direction
is the most stringent one, and errors in this direction are the worst
in general, our focus will be on meeting the vertical requirements.

If hazardously misleading information causes a category 1 user’s
vertical position error to exceed a 10-m vertical alert limit (VAL),
the GBAS ground station must detect the event and alert the user
within a 3-s time to alarm. However, the true position and, con-
sequently, the position error, are not quantities that can be known
in real time. For that reason protection bounds, defined as protec-
tion levels, need to be computed with an acceptable level of integrity
risk. The vertical protection levels (VPL) are computed at the aircraft
under multiple operational hypotheses, fault-free (VPLH0), single
reference-receiver failure (VPLH1), and single satellite ephemeris
fault (VPLe), using the user’s satellite geometry information, nom-
inal ranging measurement error models, and range error parame-
ters (derived from integrity monitor performance) broadcast by the
ground station. If VPL exceeds the VAL, the system is no longer
available. Because this paper concentrates on monitoring satellite
orbit errors, more details on VPLe will be given in the next section.

Table 1 Requirements for category 1 precision approach

Requirement Value

Vertical accuracy, 95% error 4–7.6 m
Integrity risk

Pr(HMI) 2 × 10−7/approach
Time to alert 3 s

Continuity risk 5.5 × 10−5/approach
Availability 0.99–0.99999
Vertical alert limit 10–12 m
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Fig. 1 Satellite, reference station, and user relative geometry.

III. Ephemeris Protection Levels and
Availability Impact

To quantify the potential impact of undetected ephemeris failures
on user position errors for both precision approach and terminal area
applications, new protection levels must be adopted. These equa-
tions define position error bounds as functions of the approximate
aircraft location with respect to each satellite and the GBAS ground
station as well as the magnitude of the satellite orbit error detectable
by the ground station. This minimum detectable error (MDE) deter-
mines the P-value (definition to be given shortly), which is broadcast
by the GBAS ground station for each satellite it has approved for
use. In this section, we derive the ephemeris protection level (VPLe)
and discuss its impact on GBAS availability.

The effective differential ranging error δρ due to an error δe in
knowledge of the line-of-sight unit vector e for some satellite i is

δρi = δeT
i x (1)

where x is the displacement vector between the reference station and
user (aircraft) antennas. In turn, the line-of-sight vector error can be
expressed directly in terms of the satellite position error vector δri

as

δei = (
I − ei eT

i

)
δri

/
Di (2)

where Di is the distance (scalar) to satellite i as shown in Fig. 1.
Substituting Eq. (2) into Eq. (1), we have

δρi = δrT
i

(
I − ei eT

i

)
x
/

Di (3)

When this error and the other remaining (nominal) error sources
(vector ν p given hereafter containing ground, air, ionospheric, and
tropospheric errors) are projected into the user position domain, the
resulting position estimate error for the vertical direction will be

δχvert,i = Svert,i

[
δrT

i

(
I − ei eT

i

)
x
/

Di

] + Svert,:ν p (4)

where Svert,: is the row of the weighted-least-squares projection ma-
trix corresponding to the vertical position state.7 We consider the
vertical case only in this development; the development for the hor-
izontal case is essentially identical.

When the first term in Eq. (4) is written, it is assumed that
ephemeris failures occur on only satellite i . (We assume that the
probability of simultaneous ephemeris failures on more than one
satellite is negligibly small.) For brevity in notation, we define the
3 × 3 matrix Ei ≡ I − ei eT

i . It is also noted that δr T
i Ei x is a scalar

and that

δrT
i Ei x ≤ ‖Ei x‖‖δri‖ (5)

We assume now that we have a test statistic te available at the refer-
ence station, that is, almanac-minus-ephemeris position difference,
that we may use to infer orbit error magnitude. In this case, a thresh-

old Te on the test statistic may be defined to detect and exclude (at
the reference station) a satellite with a large orbit error

Te = kFFAσte (6)

Here, σte is the standard deviation of the nominal test statistic, and
kFFA is a multiplier defined to ensure a specified probability of fault-
free alarm (FFA). If we define νte to be a zero-mean, normally dis-
tributed random variable with σte , it is always true that

‖δri‖ < Te + νte (7)

Substituting Eqs. (5), (6), and (7) into Eq. (4), we obtain the follow-
ing bound on vertical position error:

|δχvert,i | ≤ |Svert,i |(‖Ei x‖/Di )kFFAσte + |Svert,i |(‖Ei x‖/Di )νte

+ |Svert,:ν p| (8)

Note that νte is a scalar whereasν p is a vector. The standard deviation
of the random part of δχvert,i , that is, the second and third terms in
Eq. (8), is the left-hand side of Eq. (9), and the following inequality
is obtained:√√√√S2

vert,i

‖Ei x‖2

D2
i

σ 2
te +

n∑
j = 1

S2
vert, jσ

2
j ≤ |Svert,i | ‖Ei x‖

Di
σte

+
√√√√ n∑

j = 1

S2
vert, jσ

2
j (9)

where σ j is the standard deviation of the j th element of ν p , and n
is the number of satellites used in the position fix. Furthermore, it
is also true that

‖Ei x‖ ≤ ‖x‖ (10)

We next define a missed detection (MD) multiplier kMD based on the
assumed prior probability of ephemeris error and the tolerable total
level of integrity risk. Together with Eqs. (8–10), where we add the
first term in Eq. (8) and the right-hand side of Eq. (9) multiplied by
kMD, we can now write an upper bound on vertical position error,
which we call VPLe(i), or the VPL under the ephemeris failure
hypothesis for satellite i

VPLe(i) = |Svert,i | (kFFA + kMD)σte

Di
‖x‖ + kMD

√√√√ n∑
j = 1

S2
vert, jσ

2
j (11)

Within this expression, we have the MDE in satellite position,

MDE = (kFFA + kMD)σte (12)

The reference station will broadcast (for each satellite) an ephemeris
error decorrelation parameter Pi (Refs. 7 and 14),

Pi = MDE/Di (13)

so that

VPLe(i) = Pi |Svert,i |‖x‖ + kMD

√√√√ n∑
j = 1

S2
vert, jσ

2
j (14)

At the aircraft, VPLe is computed as

VPLe = max
i

VPLe(i) (15)

In addition to VPLe, GBAS users also compute vertical protection
levels under the fault-free (H0) hypothesis.7 If ephemeris protection
levels are large enough to exceed these nominal-case protection lev-
els (VPLH0), they will reduce user availability. The degree to which



802 LEE ET AL.

this occurs is a function of the P value derived from the MDE of
the ground monitors and the location of users relative to the ground
station. The most critical user location is when the aircraft reaches
the end of its approach (the approach threshold), where the tightest
VAL (10 m for category 1) applies.15 Note that the displacement
xRR − GPIP between the centroid of the reference receivers (RR) and
the glide path intercept point (GPIP) is needed to define x in Eq. (14).
Given the condition that xRR − GPIP is fixed, the key factor to keep
VPLe small is to ensure that the ephemeris monitor MDE is small.

A study of the impact of VPLe on GBAS category 1 availabil-
ity was reported.16 For xRR − GPIP = 3 n mile (about 5.5 km), which
should suffice for most airports, there is no availability impact, that
is, VPLe is smaller than VPLH0 for MDE ≤ 1900 m. Above this
value, a slight loss of availability appears but does not become
significant until the MDE reaches 4000 m or so. This conclusion
was based on kMD = 3.7. Further analysis by Shively has shown
that kMD = 3.1, providing a missed-detection probability of 0.001,
is acceptable for the ephemeris integrity monitor17; thus, the actual
MDE that will cause availability loss is somewhat higher. These
results provide guidance regarding the ephemeris MDE that will be
acceptable in operation. The monitoring methods developed in the
following sections are intended to reduce the ephemeris MDE such
that little if any GBAS availability is lost.

IV. YE–TE Monitor for Type B Anomalies
The concept of the YE–TE test is simply to confirm that today’s

broadcast ephemeris data for each GPS satellite are correct by com-
parison with the most recent ephemeris data that have already been
validated. For a satellite that is already in view and has an ephemeris
frame change, the comparison is between the new and immediately
preceding sets of data. Under nominal conditions, these agree to
within several meters during the 2-h period within the fit intervals
of both sets of data.3 However, when a satellite first rises in view of
the GBAS ground station, the most recent validated data are from the
preceding pass of that satellite and may be as much as 24 h old. Thus,
it is long past its fit interval and no longer precisely indicates the
satellite location. Nevertheless, it is a valid basis for comparison
within the limits of its accuracy. If the new ephemeris is dramati-
cally in error, as in the type B failure defined in Sec. I, this compari-
son will detect the failure. This nonfit YE–TE method is detailed in
Sec. IV.A. By applying an orbit determination method, we can im-
prove the accuracy of satellite position estimates and consequently
reduce the MDE. This orbit-fitting YE–TE method is explained in
Sec. IV.B. YE–TE comparisons can be based on not only satellite
positions computed from the old and new ephemerides but also the
individual orbit parameters of the old and new messages. The latter
approach, parameter-based YE–TE, is explained in Sec. IV.C. Note
that the focus of all three methods is on detecting type B anomalies
for newly risen satellites assuming the yesterday’s ephemeris data
are valid.

The impact of incorrectly rejecting a satellite with a healthy
ephemeris is that the use of a healthy satellite is lost, but continuity
is not affected because rejection would occur before the satellite is
approved for use that day. Therefore, the YE–TE FFA probability
need not be low enough to fit within the continuity allocation. (See
Sec. II.) Instead, it should be small compared to the probability that a
given satellite will be flagged unhealthy (and, thus, unusable) when
it rises into view. Based on prior analyses by Pullen,18 probabil-
ity FFA [Pr(FFA)] can be set to 1.9 × 10−4 per newly risen satellite,
which gives kFFA = 3.73, provided that a Gaussian extrapolation can
be used. During ephemeris changeovers for already-approved satel-
lites, continuity is at risk if the satellite is rejected; thus Pr(FFA)
must fit within the overall continuity requirement of 8 × 10−6 per
15 s (Ref. 14). The nominal ephemeris differences are much lower
in this case; thus, this lower Pr(FFA) does not require an increase in
MDE.

A. Nonfit YE–TE Monitor
The algorithm is as follows. First, compute satellite positions us-

ing the standard algorithm defined in Sec. 20.3.3.4.3 of GPS ICD-
200D (Ref. 19) and GPS ephemeris parameters. These satellite po-

sitions computed in the Earth-centered Earth-fixed reference frame
are then rotated into the in-track–cross-track–radial or local level
orbit-referenced frame. Two satellite position vectors are calculated
using the current and previously validated ephemeris parameters.
We define rTE(k) as a vector containing the three components of
the position of a given satellite at epoch k, based on the latest
(to-be-validated) ephemeris, and define rYE(k) similarly but based
on the preceding already-validated ephemeris. A YE–TE position-
difference vector in each axis can be created for a vector of epochs
that covers the visibility period of interest,

δr̂(k) = rTE(k) − rYE(k), k = 0, 1, . . . , n (16)

Second, the maximum of δr̂ in each axis over the time period covered
by k is the test statistic for that axis. Thresholds can be set individ-
ually for each axis from each test statistic (te in − track, te cross − track,
and te radial), or the three-dimentional test statistic te, the rss of max-
imum position differences for each axis, can be used to derive a sin-
gle threshold. [See Eq. (6).] The latter is more convenient because
it directly translates into the scalar MDE value used to compute
VPLe [see Eq. (12).] Last, the test statistic te will be compared to
the threshold Te to detect an anomalous ephemeris.

The algorith results are as follows. Figures 2–4 show plots of the
in-track, cross-track, and radial components of orbit differences,
respectively. The satellite positions computed from ephemerides
received at the Colorado Springs international GNSS service (IGS)
site amc2 on 10 January 2001 are compared to those computed from
ephemerides with a time of ephemeris tOE 24 h earlier. In each case,
the epoch k runs from the tOE of the new ephemeris, k = 0 at tOE

of TE, to a time 8 h later (long enough to cover any satellite pass)
at 5-min intervals. Under nominal conditions, the position differ-
ences shown in Figs. 2–4 are due to orbit perturbations that take
place during the period from tOE of YE to tOE of TE. Note that

Fig. 2 Example YE–TE results for in-track axis.

Fig. 3 Example YE–TE results for cross-track axis.
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Fig. 4 Example YE–TE results for radial axis.

Fig. 5 YE–TE histogram for in-track axis.

nominal ephemeris messages are very accurate only within their fit
intervals (±2 h from tOE, Ref. 2). The in-track differences are the
largest and, therefore, dominate the combined test statistic te. (Note
that the in-track differences vary within about ±1500 m in Fig. 2,
whereas the differences in cross-track and radial directions oscil-
late within approximately ±600 and ±300, respectively, in Figs. 3
and 4.) Whereas the cross-track and radial differences are dominated
by short-period oscillations with periods of less than a day, the in-
track differences show both short and long-period oscillations. (The
long-period oscillations dictate the nonzero mean of the in-track
differences.)

Figure 5 shows a histogram of orbit differences in the in-track axis
for all valid satellite ephemerides received at Colorado Springs from
7 January through 17 February 2001, a total of 423 separate YE–TE
test results. Satellites undergoing maintenance (and possible orbit
changes) were excluded from these results based on information
issued by OCS. Note that the test statistic distributions are bimodal;
typical values are on either side of zero rather than centering about
zero. However, the Gaussian distribution with zero mean and the
sample standard deviation (746.2 m in Fig. 5 where the cross-track
and radial values are 398.9 and 165.6 m, respectively) shown as a
solid line appears to overbound the observed bimodal distributions
in the tails. Thus, a threshold and MDE derived from the Gaussian
extrapolations in Eqs. (6) and (12), respectively, should be applica-
ble. The resulting threshold is 3216 m, and the MDE is 5889 m for
this test. This demonstrates that the nonfit monitor produces some
availability loss, MDE > 4000 m. Further discussion on availability
impact will be given in Sec. VI.

B. Orbit-Fitting YE–TE Monitor
The algorithm is as follows. The YE–TE method defined in

Sec. IV.A is based on the direct comparison of satellite positions

computed from the old and new ephemerides without any attempt
to predict satellite orbit changes from yesterday to today. In theory,
a more accurate method is to model directly the expected pertur-
bations using orbit theory. Estimating the position and velocity of
a dynamic trajectory from a set of tracking observations is called
orbit determination. When tracking observations are not available,
dynamic models, the mathematical models that describe the satellite
force environment, are used to predict the motion of a spacecraft. In
this work, we use the satellite locations computed from the YE dur-
ing its 4-h fit interval as measurements for the orbit determination.
This orbit fitting is highly accurate because the input observations
were accurate to within a few meters in three dimensions, based on
nominal GPS ephemeris accuracy, if YE was valid the preceding
day. Dynamic orbit-perturbation models are then used to fill in the
gap between the time of applicability of YE and today’s tOE so that
a projected satellite position estimate r̂YE is available to compare to
the satellite position rYE computed from the TE. As with the nonfit
YE–TE monitor, a YE–TE position-difference vector is generated
for a vector of epoch k:

δr̂(k) = rTE(k) − r̂YE(k), k = 0, 1, . . . , n (17)

Again, the maximum of δr̂ in each axis over the time period
covered by k is the test statistic te for that axis. This test statistic is
then compared to the detection threshold Te. The dynamic models
are usually associated with inaccuracies, and the residual pattern
will show some mean biases. Thus, we have

Te =
∣∣μte

∣∣ + kFFAσte (18)

where μte and σte are the mean and standard deviation of the nom-
inal test statistic, respectively, and kFFA is a multiplier defined to
provide a specified probability of FFA. If, in fact, the dynamic mod-
els are quite accurate, the orbit difference will simply exhibit the
random component in the measurement. [In such cases, a distribu-
tion with zero-mean can be assumed, and Eq. (6) is used to derive
the threshold.] Based on a required probability Pr(MD), the MDE
is

MDE =
∣∣μte

∣∣ + (kFFA + kMD)σte (19)

where kMD is the probability multiplier associated with Pr(MD).
The sensitivity analysis is carried out as follows. The orbit-fitting

method considerably improves the accuracy of satellite position es-
timates compared to the nonfit or parameter-based methods, which
will be shown shortly. However, it would be complex and expen-
sive to implement in a real-time GBAS ground station. To minimize
computational burden, it is important to investigate the sensitivity
of satellite position errors to complexities of dynamic models. The
dynamic models, used to propagate the satellite position and ve-
locity between measurement epochs, are always approximations of
the actual forces acting on the satellite. If the dynamic model is
not accurate enough to predict the satellite motion, the filter in an
orbit determination method may diverge. On the other hand, the
complex dynamic model can worsen the speed of integrating the
satellite equations of motion numerically, while improving the or-
bit accuracy. Thus, balancing the accuracy requirements and the
computational cost of the propagator is required.

To implement several orbit-fitting variations, we utilized
Microcosm®, which is the precision orbit and geodetic parameter
estimation software system.20 Microcosm applies Cowell’s method,
the direct numerical integration of the satellite equation of motion
in rectangular coordinates, to predict the orbit and Bayesian least-
squares estimation for parameter determination. The batch mode of
estimation is used in Microcosm, and iteration is performed both to
facilitate automatic data editing and because of the nonlinearity of
the orbit determination problem. The acceleration producing forces
that are currently modeled in Microcosm are the effects of the geo-
potential, the lunar–solar potential, planetary potentials, radiation
pressure, Earth tide potential, atmospheric drag, and general rela-
tivistic perturbation. The solar radiation pressure model employed
here is an empirical model based on experimental measurements and
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Table 2 Case study of different dynamic models

Lunar–solar Planetary Direct solar Solid Earth and Atmospheric General
Case Geo-potential potential potentials radiation pressure ocean tide drag relativistic effect

1 12 × 12 On Off On On On Off
2 6 × 6 On Off Off Off On Off
3 12 × 12 On Off Off On On Off
4 12 × 12 On Off On Off On Off
5 6 × 6 On Off On Off On Off
6 4 × 4 On Off On Off On Off
7 3 × 3 On Off On Off On Off
8 3 × 2 Off Off On Off On Off

Fig. 6 Standard deviation of position difference for different dynamic
models.

numerical simulations of the reflective surfaces of the NAVSTAR
Global Positioning System Block C.

When various accelerations are modeled or unmodeled, eight dif-
ferent case studies (as shown in Table 2) have been performed to
find the least-complex orbit model that provides the needed perfor-
mance. First, the satellite positions computed from TE are compared
to those computed by propagating ephemeredes with a tOE 24 h ear-
lier (YE) to the tOE of TE. The YE–TE position-difference vector
δr̂(k) runs from the tOE of TE, k = 0, to a time 8 h later at 1-min
intervals. As explained earlier, we then take the maximum of δr̂
over this time period, which is the test statistic for each axis. Last,
we compute standard deviation, mean, and rms values for this test
statistic. This process is repeated for each case, which represents
the different propagator used in orbit determination as specified in
Table 2.

Figures 6 and 7, respectively, show the standard deviation and
mean of orbit differences in the in-track, cross-track, and radial
axes for each case. The results for each case are generated from 30
YE–TE pairs between 9 January and 12 January 2001. For case 8,
applying the orbit-fitting technique to create r̂YE reduces the cross-
track and radial YE–TE values to about 10 m (1σ) and makes them
negligible compared to the in-track YE–TE value, which has an
rms value of 166.3 m. (This technique also removes most of the
long-period oscillation.) A mean offset of about −85 m in the in-
track axis is visible in Fig. 7 and consistently appears in data from
other days in January. Subtracting this offset from the test statistic
leaves a standard deviation of 145.3 m. Because the results are no
longer strongly bimodal, a Gaussian extrapolation with kFFA = 3.73
and kMD = 3.1 can be used with Eq. (19) to derive an MDE of about
1000 ∼ 1100 m for this test. Validation with more data will be shown
shortly.

Based on the preceding result, a 3 × 2 expansion of the stan-
dard joint gravity model version 3 (JGM-3) Earth gravity model
combined with the Microcosm solar radiation pressure and atmo-
spheric drag models (case 8) is sufficient to achieve the needed
orbit-determination accuracy. Cases 2 and 3 show that modeling of

Fig. 7 Mean of position difference for different dynamic models.

the solar radiation pressure is the most critical for this experiment.
The results from the rest of the cases demonstrate that including
planetary potentials, Earth and ocean tide potentials, sun and moon
gravity perturbations, and general relativistic perturbation does not
significantly improve the resulting YE–TE values.

The results are as follows. This method has been evaluated us-
ing the NASA Goddard Space Flight Center GPS Enhanced Orbit
Determination (GEODE) software21 and was implemented in the
Stanford Integrity Monitor Test-Bed (IMT),8 which is used to in-
sure that the GBAS ground facility meets its requirements for nav-
igation integrity. GEODE is highly modular due to its object-based
architecture with encapsulated interfaces and is portable because it
is programmed in ANSI Standard C. Thus, this software is most
suitable to be hosted in the IMT. GEODE employs an extended
Kalman filter, which incorporates accurate dynamic models, to es-
timate orbit state vectors.22 To reduce computational cost by adding
the orbit-fitting YE–TE monitor to the IMT, modifications are made
to GEODE to utilize the least-complex dynamic model based on the
results of the sensitivity analysis discussed earlier.

Figure 8 shows the MDE as a function of time intervals between
tOE of YE and tOE of TE, that is, durations of orbit propagation to
generate r̂YE. The results are generated from a data set collected
from 6 May through 9 May 2002. Each bin consists of about 30
YE–TE pairs (total of 149 YE–TE pairs). As expected, the standard
deviation of orbit differences increases as the satellite’s ephemeris is
propagated longer. This is because errors in the mathematical model
accumulate during the period from tOE of YE to tOE of TE. When
the time length of propagation is about 25 h, the resulting standard
deviations of YE–TE are 151.3, 20.7, and 46.2 m, and the means
of YE–TE are −53.0, 4.1, and −16.7 m in the in-track, cross-track,
and radial axes, respectively. When Eqs. (18) and (19) are used, a
threshold of 651 m and an MDE of 1145 m are derived for this
test. Thus, this monitor significantly reduces the MDE compared to
other YE–TE variants explained earlier and causes no availability
loss (MDE < 1900 m).

To validate the analytically derived MDE, controlled errors are
injected into nominal ephemeris parameters. As shown in Eq. (20),
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Fig. 8 Minimum detectable errors of orbit-fitting YE–TE monitor.

Fig. 9 Pactual results from failure test with an error of 0.0375 injected
on

√
a.

the true position error δr can be computed by generating position so-
lutions first with the fault-free parameters g and then with erroneous
parameters caused by an introduced error δg,

δr = r − rfaulty = r(g) − r(g + δg) (20)

When these true position errors are used, the actual P values Pactual

can be computed as [which is the same as Eq. (2)]

Pactual = (
I − ei eT

i

)
δri

/
Di (21)

where ei is the line-of-sight unit vector for satellite i and Di is the
distance from a reference station to satellite i . Recall that the parame-
ter P , depending on the ground ephemeris monitor implementation,
will be broadcast to the aircraft for computing their VPLe. When
the shortest possible range from the Earth’s space to a satellite (ap-
proximately 20,184 km) and the MDE of 1250 m are conservatively
taken, the broadcast P value is

Pbroadcast = MDE

rmin

= 1250

20,184,000
= 6.193 × 10−5 (22)

To ensure navigation integrity, it is desired that Pactual < Pbroadcast;
otherwise, the aircraft may not be protected with their VPLe in the
event of ephemeris failure.

Figure 9 shows the result of an empirical analysis under failure
conditions. An error of 0.00375 square-root meters was added on
the square root of the semimajor axis

√
a. This parameter fault is

deliberately introduced to cause errors in the satellite position of a
magnitude similar to the MDE of 1250 m. The bars show the actual
P values Pactual computed from 80 erroneous orbits, and the straight
line shows the broadcast P value Pbroadcast of this orbit-fitting YE–
TE monitor. The Pactual is always overbounded by the Pbroadcast in
this test, which verifies that the derived Pbroadcast and MDE values
are conservative enough to meet integrity requirements. In failure
tests where faults were injected on various ephemeris parameters
(one parameter at a time), very similar results were obtained, and
Pactual never exceeded Pbroadcast.

C. Parameter-Based YE–TE Monitor
The YE–TE implementations considered thus far have involved

tests in the satellite position domain. An alternative YE–TE ap-
proach is based on the direct comparison of current broadcast
ephemeris parameters with those broadcast and validated earlier.
The advantage of a parameter-based approach is that it is easier to
observe and quantify variations in orbit parameters than satellite
position because the latter changes continuously in time for a fixed
parameter set. The parameter-based approach provides improved
performance over the nonfit YE–TE algorithm (Sec. IV.A), while
offering a lower level of complexity than the orbit-fitting YE–TE
approach (Sec. IV.B). Furthermore, the performance of this test can
also be easily expressed in position domain, which is needed to de-
fine the MDE and P value. In this section, the algorithms and test
results, which have been fully described in prior work,10 are sum-
marized. The end result and performance of the parameter-based
YE–TE method will be compared with those of position-based YE–
TE monitors in Sec. VI.

The algorithm is as follows. This method attempts to predict
satellite orbit changes by estimating the variations in the broadcast
ephemeris parameters from the last available validated ephemeris.
We first generate the satellite position vector rTE for different epochs
k corresponding to the broadcast period, using the current ephemeris
that we are trying to validate. Second, the satellite position estimate
r̂YE is computed using the best estimate available based on earlier
validated ephemerides. The position error estimate δr̂ is then

δr̂(k) = rTE(k) − r̂YE(k) (23)

Because the daily variations of each broadcast parameter fol-
low a recognizable pattern (usually with a sinusoidal shape), it is
advantageous to consider estimators based on prior days of data.
Thus, the parameter-based YE–TE method is implemented via two
parameter-projection algorithms: the zero-order hold (ZOH) and
first-order hold (FOH) estimators. The FOH applies a linear projec-
tion on parameter estimation based on two prior days of data and,
thus, partially captures the nature of the day-by-day variations in
the parameters that are unaccounted for in the ZOH.

A normalized test statistic,

s = δr̂ T �−1
δr̂ δr̂

where �δr̂ is the covariance matrix, is computed and is compared
to a threshold Te that ensures the required probability of FFA. The
MDE is defined as

MDE =
√

λq (24)

where λ is the minimum noncentrality parameter that satisfies the re-
quired probability of missed detection and q is the maximum eigen-
value of �δr̂ (See Ref. 10 for details.) The values in the covariance
matrix of the FOH estimator are significantly smaller than those for
the ZOH, showing a higher accuracy in satellite position estimation
r̂YE. This allows smaller MDE values, avoiding a significant loss in
availability.

The results are as follows. Figure 10 shows the fault-free distribu-
tions of satellite position errors |δr̂(0)| = |rTE(0) − r̂YE(0)| achieved
by applying the two different parameter projection methods for a
1-year span of ephemeris data. The FOH estimator yields a much
tighter distribution of fault-free errors than the ZOH estimator.
Based on these distributions of test statistics, the MDEs for the
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Fig. 10 ZOH and FOH position error, |δr̂|, distributions.10

ZOH and FOH monitors were computed. The results show that
MDEZOH = 4984 m and MDEFOH = 1744 m.

Despite the better performance of the FOH, the principle draw-
back is that it requires two prior days of ephemerides, whereas the
ZOH needs only one. Consequently, a procedure to support that the
prior day’s ephemeris is fault free should be executed twice for the
FOH. The downside effect toward a total MDE will be discussed in
Sec. VI.

To verify fault detection ability of the monitor, failure tests were
performed by deliberately injecting anomalous parameters in oth-
erwise nominal ephemeris broadcasts. The sizes of anomalies were
chosen to cause satellite position errors of magnitudes similar to
the derived MDE values. For both the ZOH and FOH estimators,
the percentage of missed detections was significantly lower than a
required value of 10−3.

V. Measurement-Based Monitor for Type A Anomalies
The implicit assumption in any YE–TE implementation is that

prior ephemeris data is fault free. Thus, to utilize YE–TE monitors,
a method to support the fault-free assumption on a daily basis is nec-
essary. Regardless of the particular YE–TE implementation used,
after a scheduled station-keeping maneuver (type A1 failures), no
valid prior ephemeris will be available to test current broadcast
ephemeris. In this case, a new method to validate the postmaneu-
ver ephemeris message, that is, the broadcast ephemeris on the day
immediately following a satellite maneuver, is needed. (Type A2
failures are considered to be sufficiently improbable that no targeted
monitor for these is required to meet the integrity requirements of
category 1 precision approach.15) For theses cases, a measurement-
based monitor can fulfill the objective by directly using GBAS code
and carrier measurements. Here we provide a brief description of the
monitoring algorithm and results of achievable MDEs that will pro-
vide a total MDE when combined with those of YE–TE monitors.
More detail on this monitor is shown in Ref. 10.

The basic idea of the measurement-based monitor is to relate
the magnitude of the stand-alone pseudorange and the differential
carrier-phase residuals to the magnitude of satellite orbit errors. The
stand-alone pseudorange residual, that is, the broadcast pseudorange
correction that measures the orbit error (at epoch k) projected into
the satellite’s line-of-sight direction e, can be written

zρ(k) = eT (k)δr(k) + υρ(k) (25)

where the measurement error is distributed as υρ(k) ∼ N (0, σ 2
ρ ).

The differential carrier residual (across GBAS reference receiver
baselines) that measures orbit errors orthogonal to the line of sight
and projected into a known baseline direction can be expressed as

zφ(k) = �[dT E(k)/D(k)]δr(k) + �τ(k) + Nλ + υφ(k) (26)

where � is the baseline length, d is the baseline direction unit vector,
E ≡ I − eeT , I is the 3 × 3 identity matrix, �τ is the clock offset
between receivers, N is the carrier integer cycle ambiguity, λ is the
L1 carrier wavelength (19.04 cm), and υφ is the measurement error
due to receiver thermal noise and multipath. The receiver clock off-
set is easily removed by differencing against a nominal satellite that

Fig. 11 MDE vs time for all satellites.10

has not been maneuvered and has passed all recent monitor tests.
Thus, this term will not be considered further in the analysis. The
cycle ambiguities can be rounded to the nearest integer because the
standard deviation of the error in the cycle ambiguity estimates is
significantly lower than 10−2 carrier wavelengths. (This is based on
covariance analysis results with measurements collected for a whole
satellite pass.) Therefore, the cycle ambiguities are assumed to be
resolved and removed from the differential carrier phase measure-
ment, making N = 0 in Eq. (26).

To determine the satellite position error δr we first stack the avail-
able measurements corrected over a day for the two baselines. (We
assume that one day is available to verify the current ephemeris.)

z = Hδr + υ (27)

where H is a mapping matrix and the measurement error is dis-
tributed as

υ ∼ N (0, V ), V =
[

V ρ 0

0 Iσ 2
φ

]
—————— (28)

where σφ is the standard deviation of the differential carrier phase
measurement error and the submatrix V ρ accounts for the time cor-
relation of pseudorange measurements. (See Ref. 10 for details.)
The value of differential carrier error standard deviation is cho-
sen to be consistent with GBAS integrated multipath limiting an-
tenna performance23: σφ = 0.3 cm. The stand-alone pseudorange
error standard deviation is dominated by ionospheric error and set
conservatively in this analysis at σρ = 10 m.

From solving Eq. (27), we obtain the weighted least squares so-
lution δr̂ and also the associated covariance of the position error
estimate �δr̂ at any time epoch k. A comparable MDE for each
given time relative to tOE is then derived by inserting the maximum
eigenvalue of the covariance matrix into Eq. (24).

Figure 11 shows the MDE traces for all satellites from a full
constellation at a Chicago O’Hare GBAS ground facility site. For
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Fig. 12 Total MDE values of different YE–TE monitors combined
with measurement-based monitor for various baseline lengths (200 and
400 m).

each satellite, t is arbitrarily set to zero in Fig. 11 at that given
satellite’s rise time. The magnitude of the MDE is directly related
to the length of the pass; whereas satellites with short passes form
the worst-case (upper) curves, satellites that are visible during two
different time segments on the same day (connected by straight
lines in Fig. 11) have lower MDE values. The MDE depends on
the geometric diversity; it is dramatically improved as the baseline
length is increased. The results show the worst MDE of 950 m
for baseline lengths of 400 m (circled lines), 1743 m for 200 m (not
shown), and 3137 m with a baseline of 100 m (dotted lines). Overall,
the results demonstrate that there would be no impact on availability
for baseline lengths as short as 200 m. (Recall that the desired MDE
value for zero loss is 1900 m.)

VI. Total MDE and Monitor Capability
To support the YE–TE monitor assumption that the prior days’

ephemerides are fault free, the measurement-based monitor de-
scribed in Sec. V can be implemented to postprocess data every
day. In this case, the approximate total MDE was computed using
Eq. (29) by combining the MDEmeas from the measurement-based
monitor (taking maximum values from Fig. 11) with the MDEYETE

derived for the different YE–TE monitors in Sec. IV,

MDE ≈
√

α × MDE2
meas + MDE2

YETE (29)

The coefficient α on MDEmeas varies depending on the number
of prior days’ ephemeris data that must be validated using the
measurement-based technique: Here, α = 2 for the parameter-based
FOH monitor, and α = 1 for all other monitors (nonfit, parameter-
based ZOH, and orbit-fitting monitors). The MDEYETE term ac-
counts for the independent error associated with the orbit projection
of fault-free prior ephemerides.

The achievable total ephemeris MDEs demonstrated thus far for
the YE–TE test variants discussed earlier, as well as their qualita-
tive impact on user availability, are shown in Fig. 12. Each YE–TE
monitor combined with the measurement-based monitor was vali-
dated for two cases: one with a baseline length of 200 m and the
other one with a 400-m baseline. The nonfit YE–TE monitor ex-
plained in Sec. IV.A and the parameter-based ZOH YE–TE method
demonstrated in Sec. IV.B support an MDE larger than 5000 m,
which causes some availability penalty. An MDE of 2000–3000 m
can be achieved by the parameter-based FOH YE–TE variations
described in Sec. IV.B. This implies only a small loss of category 1
user availability. The orbit-fitting method of Sec. IV.C produces an
MDE of 2085 m when supported by the measurement-based mon-
itor with the 200-m baseline. This also indicates a minimal impact

on availability. However, with the 400-m baseline, this method pro-
vides MDEs (1488 m) small enough to cause no loss of category
1 availability for almost all GBAS-equipped airports. Its primary
disadvantage is software complexity. Implementing the orbit fit-
ting YE–TE monitor in a GBAS ground facility would significantly
complicate the software and add to its processing load. Therefore,
if the limited availability penalty is deemed acceptable, it may be
preferable to use the simpler parameter-based YE–TE methods in
category 1 GBAS systems. These results should be valuable to se-
lect judiciously the most desirable ephemeris monitor for a specific
implementation by trading off system cost and performance.

VII. Conclusions
This paper has defined type A1 (announced maneuver), type A2

(unintentional maneuver), and type B (erroneous data) threat models
for satellite ephemeris errors large enough to threaten GBAS users
and has derived ephemeris protection levels that connect the mag-
nitude of potential ephemeris errors to the impact on user position.
These protection levels will be required in future GBAS standards.
GBAS ephemeris monitoring supports an MDE bound on the size
of type A1 and B errors that may not be detected with the required
missed-detection probability. (Type A2 errors are considered to be
extremely improbable.) More-effective monitoring translates into
lower MDEs and P values, which leads to lower ephemeris protec-
tion levels (VPLe) and a lesser impact on GBAS user availability.

To detect type B ephemeris failures, satellite-position-based and
orbit-parameter-based YE–TE tests have been proposed. The sim-
pler nonorbit-fitting position-based method is sufficient to limit,
but not eliminate, category 1 availability loss due to the addition
of VPLe. The FOH parameter-based method shows promise, using
simple propagation models, to achieve lower MDEs than the non-
fit position-based and ZOH parameter-based approaches. Because
the availability impact of the FOH method is minimal, an attractive
tradeoff exists between MDE performance and projection-model
complexity. The orbit-fitting YE–TE variant reduces the ephemeris
MDE enough practically to eliminate this availability loss, but this
method would be complex and expensive to implement in a real-time
GBAS ground station.

Measurement-based approaches have been investigated to detect
type A1 ephemeris anomalies and after scheduled SV maneuvers.
This method uses stand-alone pseudorange and differential carrier
phase measurements across GBAS reference receiver baselines. The
achievable MDE, validated by means of covariance analysis, is a
strong function of baseline length, and it is shown that baseline
lengths as short as 200 m are sufficient to remove availability penalty.
The relevance of the measurement-based monitor to initialize the
YE–TE monitor is also discussed. In this case, a baseline length of
400 m or longer may be needed depending on the desired total MDE
performance and YE–TE variants.
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